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GAS TURBINE ENGINE INCLUDING AIRFOILS HAVING AN IMPROVED 
AIRFOIL FILM COOLING CONFIGURATION AND METHOD THEREFOR 

FIELD OF THE INVENTION 
[0001] The present invention relates to gas turbine engines and, more 
particularly, to configuration and methods of providing improved film cooling for 
gas turbine engine airfoils. 

BACKGROUND OF THE INVENTION 

[0002] A gas turbine engine may be used to power various types of vehicles 
and systems. A particular type of gas turbine engine that may be used to power 
aircraft is a turbofan gas turbine engine. A turbofan gas turbine engine may 
include, for example, five major sections, a fan section, a compressor section, a 
combustor section, a turbine section, and an exhaust section. The fan section is 
positioned at the front, or "inlet" section of the engine, and includes a fan that 
induces air from the surrounding environment into the engine, and accelerates a 
fraction of this air toward the compressor section. The remaining fraction of air 
induced into the fan section is accelerated into and through a bypass plenum, and 
out the exhaust section. 

[0003] The compressor section raises the pressure of the air it receives from 
the fan section to a relatively high level. In a multi-spool engine, the compressor 
section may include two or more compressors. For example, in a triple spool 
engine, the compressor section may include a high pressure compressor, and an 
intermediate compressor. The compressed air from the compressor section then 
enters the combustor section, where a ring of fuel nozzles injects a steady stream 
of fuel. The injected fuel is ignited by a burner, which significantly increases the 
energy of the compressed air. 



2 

[0004] The high-energy compressed air from the combustor section then flows 
into and through the turbine section, causing rotational ly mounted turbine blades 
to rotate and generate energy. Specifically, high-energy compressed air impinges 
on turbine vanes and turbine blades, causing the turbine to rotate. The air exiting 
the turbine section is exhausted from the engine via the exhaust section, and the 
energy remaining in this exhaust air aids the thrust generated by the air flowing 
through the bypass plenum. 

[0005] Similar to the compressor section, in a multi-spool (e.g., multi-shaft) 
engine the turbine section may include a plurality of turbines. For example, in a 
triple spool engine, the turbine section may include a high pressure turbine, an 
intermediate pressure turbine, and a low pressure turbine. The energy generated 
in each of the turbines may be used to power other portions of the engine. For 
example, the low pressure turbine may be used to power the fan via one spool, the 
intermediate turbine may be used to power the intermediate pressure turbine via 
another spool that is concentric to the low pressure turbine spool, and the high 
pressure turbine may be used to power the high pressure compressor via yet 
another concentric spool. 

[0006] Gas turbine engines, such as the one described above, typically operate 
more efficiently with increasingly hotter air temperature. The maximum air 
temperature is typically limited by the materials used to fabricate the components 
of the turbine, such as the turbine blade airfoils. Thus, the airfoils are cooled 
using a variety of schemes, including directing some air discharged from the 
compressor section, and into and through cooling channels formed within the 
airfoils, to remove heat via convective heat transfer. At high temperatures, 
however, this convective heat transfer process may not sufficiently cool the 
airfoils, and a film cooling scheme is implemented. With the film cooling 
scheme, cooling air is injected onto the external surface of the airfoil via small 
film cooling holes that extend through the airfoil surface, and into the internal 
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cooling channels. The merit of film cooling can be measured by a so-called "film 
effectiveness." 

[0007] In order to maximize the film effectiveness, the amount of cooling 
flow directed onto the airfoil outer surface is preferably maximized. Thus, the 
amount of cooling flow passing through, and thus the cross-sectional area of, the 
film cooling holes extending through the airfoil sidewall, is also preferably 
maximized. Moreover, it is preferable that the ratio of the length to diameter of 
each of the film cooling holes extending through the airfoil sidewall be greater 
than two. If the length-to-diameter ratio is greater than two, then the cooling flow 
will exit the film cooling holes fairly close to the upstream sidewall outer surface, 
which will further maximize film effectiveness. However, the thickness of the 
airfoil sidewall is, in many cases, small enough that other design constraints, such 
as the minimum distance between film cooling holes, cannot be met if these other 
constrains are met. Moreover, while a small relative hole angle is generally 
advantageous, as the hole angles relative to the airfoil surface are reduced, the 
inlets of the holes in a single coolant channel can interfere with one another, 
thereby reducing film effectiveness. 

[0008] Hence, there is a need for a method of forming and locating holes in 
turbine blade airfoils that allows film effectiveness to be maximized, for a given 
airfoil geometry, and/or allow turbine operation at higher temperatures. The 
present invention addresses one or more of these needs. 

SUMMARY OF THE INVENTION 

[0009] The present invention provides a method of forming and locating holes 
in turbine blade airfoils that allows film effectiveness to be maximized, for a given 
airfoil geometry. 
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[0010] In one embodiment, and by way of example only, turbine blade for a 
gas turbine includes an airfoil, a plurality of internal cooling channels, and a 
plurality of film cooling holes. The airfoil has at least an outer surface, a bottom 
edge, and a top edge. The plurality of internal cooling channels is formed in the 
airfoil. The plurality of film cooling holes extend through the airfoil and are in 
fluid communication with one of the internal cooling channels. The plurality of 
film cooling holes are arranged into at least two adjacent rows that are disposed on 
at least a portion of a line that extends between the airfoil top and bottom edges. 
Each film cooling hole has a centerline extending therethrough. The centerline of 
each film cooling hole forms a compound angle with respect to a tangent of the 
airfoil outer surface, and a distance between the centerlines of each film cooling 
hole is at least a predetermined minimum distance. 

[0011] In another exemplary embodiment, a method of forming a plurality of 
film cooling holes in a turbine airfoil having an upstream sidewall, a downstream 
sidewall, and a plurality of internal cooling channels between the upstream and 
downstream sidewalls, includes defining at least a first datum structure and a 
second datum structure. Each of the plurality of film cooling holes is formed 
through the airfoil upstream sidewall, and into fluid communication with one of 
the internal cooling channels, at a location on the upstream sidewall relative to the 
first and second datum structures. Each film cooling hole has a centerline 
extending therethrough that forms a compound angle with respect to a tangent of 
the airfoil outer surface. 

[0012] In yet another exemplary embodiment, a gas turbine engine includes a 
plurality of the inventive airfoils disclosed herein. 

[0013] Other independent features and advantages of the preferred airfoil and 
method will become apparent from the following detailed description, taken in 
conjunction with the accompanying drawings which illustrate, by way of example, 
the principles of the invention. 
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BRIEF DESCRIPTION OF THE DRAWINGS 

[0014] FIG. 1 is a simplified cross section side view of an exemplary multi- 
spool turbo fan gas turbine jet engine according to an embodiment of the present 
invention; 

[0015] FIG. 2 is a perspective view of a turbine blade that may be used in the 
engine of FIG. 1; 

[0016] FIG. 3 is a cross section view of the turbine blade shown in FIG. 2; 

[0017] FIG. 4 is a bottom view of the turbine blade shown in FIG. 2; 

[0018] FIG. 5 is a top view of the turbine blade shown in FIG. 2; and 

[0019] FIGS. 6 and 7 are each partial cross section views of the turbine blade 
shown in FIG. 2. 

DETAILED DESCRIPTION OF A PREFERRED EMBODIMENT 

[0020] Before proceeding with the detailed description, it is to be appreciated 
that the described embodiment is not limited to use in conjunction with a 
particular type of turbine engine. Thus, although the present embodiment is, for 
convenience of explanation, depicted and described as being implemented in a 
multi-spool turbofan gas turbine jet engine, it will be appreciated that it can be 
implemented in various other types of turbines, and in various other systems and 
environments. 

[0021] An exemplary embodiment of a multi-spool turbofan gas turbine jet 
engine 100 is depicted in FIG. 1, and includes an intake section 102, a compressor 
section 104, a combustion section 106, a turbine section 108, and an exhaust 
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section 110. The intake section 102 includes a fan 1 12, which is mounted in a fan 
case 1 14. The fan 112 draws air into the intake section 102 and accelerates it. A 
fraction of the accelerated air exhausted from the fan 1 12 is directed through a 
bypass section 1 1 6 disposed between the fan case 1 14 and an engine cowl 1 1 8, 
and provides a forward thrust. The remaining fraction of air exhausted from the 
fan 1 12 is directed into the compressor section 104. 

[0022] The compressor section 104 includes two compressors, an intermediate 
pressure compressor 120, and a high pressure compressor 122. The intermediate 
pressure compressor 120 raises the pressure of the air directed into it from the fan 
112, and directs the compressed air into the high pressure compressor 122. The 
high pressure compressor 122 compresses the air still further, and directs a 
majority of the high pressure air into the combustion section 106. As will be 
described more fully below, a fraction of the compressed air bypasses the 
combustion section 106 and is used to cool, among other components, turbine 
blades in the turbine section 108. In the combustion section 106, which includes 
an annular combustor 124, the high pressure air is mixed with fuel and combusted. 
The high- temperature combusted air is then directed into the turbine section 108. 

[0023] The turbine section 108 includes three turbines disposed in axial flow 
series, a high pressure turbine 126, an intermediate pressure turbine 128, and a 
low pressure turbine 130. The high-temperature combusted air from the 
combustion section 106 expands through each turbine, causing it to rotate. The air 
is then exhausted through a propulsion nozzle 132 disposed in the exhaust section 
110, providing addition forward thrust. As the turbines rotate, each drives 
equipment in the engine 100 via concentrically disposed shafts or spools. 
Specifically, the high pressure turbine 126 drives the high pressure compressor 
122 via a high pressure spool 134, the intermediate pressure turbine 128 drives the 
intermediate pressure compressor 120 via an intermediate pressure spool 136, and 
the low pressure turbine 130 drives the fan 1 12 via a low pressure spool 138. 
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[0024] Each of the turbines 126-130 in the turbine section 108 includes 
alternating rows of static blades or vanes (not shown in FIG. 1) and rotary blades 
(not shown in FIG. 1). The static vanes are used to direct a portion of the 
combusted air from the combustion section 1 06 onto the rotary blades. The rotary 
blades in turn cause the associate turbines 126-130 to rotate. As was previously 
noted, in addition to the high-temperature combusted air impinging upon the 
blades, each blade also receives a flow of cooling air from the engine bypass 
section, which flows into and through the blades. An exemplary embodiment of a 
turbine blade is shown in FIGS. 2-7, and will now be described in more detail. 

[0025] With reference first to FIG. 2, it is seen that the turbine blade 200 
includes a turbine mounting section 202, an airfoil platform 204, and an airfoil 
206. The mounting section 202 is configured to be inserted into a complementary 
slot that is formed in a turbine rotor disk (not shown), where it is radially retained 
as the turbine rotates during operation. The airfoil platform 204 is coupled to the 
turbine mounting section 202 and projects laterally away from the turbine 
mounting section 202. The airfoil 206 is in turn coupled to, and extends radially 
away from, the airfoil platform 204. The turbine blade 200 is preferably, though 
not necessarily, formed as a one-piece casting of a suitable superalloy, such as a 
nickel-based superalloy, which has acceptable strength at the elevated 
temperatures of operation in a gas turbine engine. In addition, at least a portion of 
the turbine blade 200 may be coated with a protective coating, such as an 
environmentally resistant coating, a thermal barrier coating, or both. It will be 
appreciated that the depicted turbine blade 200 may be implemented as either a 
static blade or a rotary blade. 

[0026] With continued reference to FIG. 2, it is seen that the airfoil 206 
includes an outer surface 207, which is formed from upstream sidewall 208 and a 
downstream sidewall 210. The upstream 208 and downstream 210 sidewalls are 
coupled to one another via a leading edge 212 and a trailing edge 214. The 
upstream sidewall 208 includes a bottom edge 216, a top edge 218, and an outer 
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surface 220. Similarly, the downstream sidewall 210 includes a bottom edge 222, 
a top edge 224, and an outer surface 226. The sidewall bottom edges 216, 222 are 
each coupled to the airfoil platform 204, and the sidewall top edges 218, 224 are 
coupled together. Moreover, in the depicted embodiment, the airfoil 206 is 
configured such that the upstream sidewall outer surface 220 is generally concave, 
and the downstream sidewall outer surface 226 that is generally convex. It will be 
appreciated, however, that the airfoil sidewall outer surfaces 220, 226 may be 
made into any one of numerous configurations suitable for extracting energy from 
the high-temperature combusted air supplied from the combustor 106. As FIG. 2 
additionally shows, and as will be described in more detail below, the airfoil 206 
additionally includes a plurality of film cooling holes 230, through which cooling 
air flows to provide film cooling to the external surfaces of the airfoil. 

[0027] Turning now to FIGS. 3 and 4, it is seen that a plurality of internal 
cooling channels 302 are formed in the airfoil 206, between the upstream 208 and 
downstream 210 sidewalls. In the depicted embodiment, four internal cooling 
channels 302a-d are formed in the airfoil 206, though it will be appreciated that in 
alternative embodiments more or less than this number of cooling channels 302 
could be included. The cooling channels 302a-d extend through the airfoil 
platform 204 and turbine mount section 202 (not shown in FIG. 3) to individual 
cooling channel inlet ports 402a-d formed in a bottom surface 404 of the turbine 
mount section 202 (see FIG. 4). As was previously mentioned, a flow of cooling 
air supplied from the engine compressor section 104 is directed into each of the 
internal cooling channels 302a-d, via the cooling channel inlet ports 402a-d. The 
cooling air is circulated through the internal cooling channels 402a-d, and 
removes heat from the airfoil 206 via convective heat transfer. 

[0028] It was additionally mentioned above that the convective cooling 
provided by the internal coolant channels 302 may not sufficiently cool the airfoil 
206 when the temperature of the air supplied from the combustor section 1 06 
reaches a certain magnitude. Thus, the previously-mentioned film cooling holes 
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230 are formed through the airfoil 206. The film cooling holes 230 extend 
through the airfoil 206 and are in fluid communication with the internal coolant 
channels 302. In particular, and with reference to FIG. 2 and 4 in combination, it 
is seen that two rows 232a, 232b of film cooling holes 230 extend through the 
airfoil upstream sidewall 208 and into fluid communication with a first internal 
coolant channel 302a, and two rows 234a, 234b of film cooling holes 230 extend 
through the airfoil upstream sidewall 208 and into fluid communication with a 
second internal coolant channel 302b. Although additional rows of film cooling 
holes 230 are depicted in FIGS. 2 and 3, and are indeed preferably provided, for 
clarity and conciseness the configuration of the film cooling holes 230 in rows 
232a, 232b, and 234a, 234b, which are in fluid communication with the first 302a 
and second 302b coolant channels, respectively, will be the subject of the 
remainder of the present disclosure, and the remaining rows of film cooling holes 
will not be further described. Nonetheless, it will be appreciated that the 
configuration of the film cooling holes 230 described below apply to the other 
film cooling holes 230 formed in the airfoil 206. 

[0029] In order to maximize film effectiveness, yet maintain a predetermined 
minimum spacing between each of the individual film cooling holes 230 in each 
row 232a, 232b, 234a, 234b, the two sets of adjacent rows 232a, 232b, and 234a, 
234b are staggered relative to one another. That is, the film cooling holes 230 in 
row 232a are offset from the film cooling holes 230 in row 232b, and the film 
cooling holes 230 in row 234a are offset from the film cooling holes 230 in row 
234b. In addition, the individual film cooling holes 230 in each row 232a, 232b, 
234a, 234b are formed with compound injection angles, which will now be 
described in more detail. 

[0030] The compound injection angles of the film cooling holes 230 are each 
formed with respect to a predetermined airfoil datum structure. In the depicted 
embodiment, the airfoil datum structure includes two datum planes. More 
specifically, and with reference to FIG. 5, the airfoil datum structure includes a 
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first datum plane 502 and a second datum plane 504. Although the first 502 and 
second 504 datum planes are depicted as intersecting lines, it will be appreciated 
that, from the perspective of FIG. 5 5 the first datum plane 502extends into and out 
of the page, and the second datum plane 504 is in the plane of the page. It will 
additionally be appreciated that the depicted datum structure is merely exemplary 
of any one of numerous arbitrary datum structures, and that various other datum 
structures could be used. Nonetheless, in the depicted embodiment, the compound 
injection angle of each film cooling hole 230 is a combination of a first angle that 
is formed with respect to the first datum plane 502 and a second angle that is 
formed with respect to the second datum plane 504. Moreover, as will now be 
explained in further detail, the location of the centerline of each film cooling hole 
230 is also defined relative to the first 502 and second 504 datum planes. 

[0031] With reference now to FIGS. 6 and 7, which each illustrate a single 
film cooling hole 230 in the first row 232a, it is seen that the location of each hole 
centerline 602 and the compound injection angle of each hole centerline 601 are 
defined by a first angle (aj) relative to the first datum plane 502, a first 
displacement (dj), a second angle (012), relative to the second datum plane 504, and 
a second displacement (d2). As shown in FIG. 6, the first displacement is 
measured relative to a first locater plane 604 that is rotated about a fixed point 606 
such that it makes the first angle relative to the first datum plane 502, and is in a 
direction (either or "-") that is perpendicular to the first locater plane 604. 
Similarly, as shown in FIG. 7, the second displacement is measured relative to a 
second locater plane 702 that is rotated about a fixed point 704 such that it makes 
the second angle 702 relative to the second datum plane 504, and is in a direction 
(either "+" or "-") that is perpendicular to the second locater plane 702. Thus, the 
hole 230 is located, and makes an angle, relative to the first datum plane 502, 
where the first locater plane 604 intersects the airfoil upstream sidewall 208, and 
is also located, and makes an angle, relative to the second datum plane 504, where 
the second locater plane 702 also intersects the airfoil upstream sidewall 208. 
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[0032] The above-described method of forming and locating the film cooling 
holes in the airfoil of a turbine engine blade minimizes the distance between the 
individual film cooling holes in adjacent rows of cooling holes, while still 
maintaining a predetermined minimum distance between each hole at all locations 
along the length of each row of film cooling holes. Moreover, the compound 
angle between the hole centerlines and a tangent to the airfoil upstream sidewall 
outer surface is also minimized. In a particular preferred embodiment, the 
compound angle between the hole centerlines and tangent to the surface is 
between about 15-degrees and about 30-degrees, and is preferably less than about 
20-degrees. Hence, the film effectiveness is maximized. As a result, a particular 
gas turbine engine that included airfoils manufactured as described herein, was 
able to operate at turbine gas temperatures approximately 100°F higher than a 
turbine engine using conventionally manufactured airfoils, which translated to 
about a 7% increase in specific thrust. 

[0033] While the invention has been described with reference to a preferred 
embodiment, it will be understood by those skilled in the art that various changes 
may be made and equivalents may be substituted for elements thereof without 
departing from the scope of the invention. In addition, many modifications may 
be made to adapt to a particular situation or material to the teachings of the 
invention without departing from the essential scope thereof. Therefore, it is 
intended that the invention not be limited to the particular embodiment disclosed 
as the best mode contemplated for carrying out this invention, but that the 
invention will include all embodiments falling within the scope of the appended 
claims. 



